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SUMMARY 

An analysis was made t o  determine  the turbine cooling-air  require- 
ments of a particular  turbojet-engine desi- believed  to  be  representative 

high  alt i tudes.  The engine, which was operated  over a wide range of 
flight Mach,numbers and a l t i tudes ,  had an  eight-stage  transonic compres- 

of 2500° R. The  mode of compressor operation  considered was EL cordbinat ion 
of constant  equivalent and  mechanical  speeds. 

P of future  low-specific-weight  engines  designed  for  supersonic flight at 

T;' 2 -  sor  and a high-stress  two-stage  turbhe  having a turbine-inlet  temperature 

The r e su l t s  of th i s   s tudy  show that   the  required  coolant-flow  ratio 
increases as flight Mach  number increases  for a given  alt i tude,  and f o r  
a given flight Mach number, 821 increase  in  al t i tude  causes an increase  in 
the  required  coolant-flow  ratio. A t  an a l t i t ude  of 40,000 f ee t ,  a change 
in flight Mach  number f r o m  0.90 t o  2.5 r e su l t s  i n  an increase in the  re- 
quired  coolant-flow r a t i o  of about 75 percent. A change in a l t i t ude  from 
40,000 t o  70,000 feet a t  a flight Mach  number of 2.5 r e s u l t s   i n  an increase 
in the  required  coolant-flow  ratio of about 35 percent. In t h i s   p a t i c u l a r  
engine, a maximum t o t a l  coolant-flow r a t i o  of 0.088 occurred a t  the maxi- 
mum f l i g h t  Mach  number of 2.5 and the  maximum a l t i t ude  of 70,000 feet. 
This coolant-flow r a t i o  w a s  obtained when the  rotor-blade  cooling air  was 
obtained from the  seventh campressor stage while supplying  the' stator 
blades with  coxbustor  secondary air. Moving the  rotor-blade bleed point 
from the   seventh   to   the   f i f th  compressor s tage   resu l t s  in about a 16- 
percent  reduction ip  the  required total coolant-fluw  ratio. 

r. 

Y 

The use of high-altitude  supersonic  turbojet-powered  airplanes de- 
mands engines of l m  specific  weight. C o o l f n g  of the turbine  blades and 
disks is an important  factor in  real iz ing low-.specific-weight engines. 
Some of the   e f fec ts  of cooling on engine  performance when using compressor 
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bleed for  the  cooling air have been investigated and reported i n  refer-  
ence 1. In  order  to  evaluate %he effects  of cooling on engine perform- 
ance,  the  required  coolaat-flow  ratios  obtained  for a given  blade-cooling 
configuration must be  determined. The required  coolant-flow  ratios  are 
presented  in  reference 2 f o r  &sign-point  operation of turbojet  engines 
equipped  with  single-stage  turbines  utilizing  corrugated-insert-type 
turbine  blades. .  In  general,  for  the  design-point  engines  considered in  
reference 2,  the  cooling problem beceme more severe as e i ther   the   f l igh t  
Mach number or altitude  increased. However, the effec ts  of f l i g h t  Mach 
number and a l t i t ude  on the  cooling  requirements of a given  turbo j e t  engine 
operating  over a w i d e  range of f l i g h t  speeds and a l t i tudes  have no t  been 
evaluated.  Therefore, an analysis was  made t o  determine  the  cooling-air 
requirements f o r  a par t icular   turbojet  engine  believed t o  be representative 
o f f u t u r e  low-specific-weight  engines  designed far supersonlc  f l ight at 
high  altitudes.  This  engine  utilized two turbine  stages and was operated 
over a wide range of flight Mach numbers and a l t i tudes  up t o  8 maximum 
Mach number of 2.5 and .a l t i tude of 70,000 -feet .  

Low specif ic  weight  can  be  obtained by improved structural   design 
and by obtaining high thrust  per pound of engine air flow and high air 
f low per  square  foot of engine f ron ta l  area. Higher thrust per uni t  of 
engine 6 ize  must be  obtained  by  the  use of components of advanced design, 
such as high-flow  transonic  compressors,  high-velocity COmbU&OrB, and a 
turbine havFng good..mss.-flow handling capac.$tx. .The use. of ..a high 
turbine-inlet  temperature w i l l  increase  the thrust per pound of engine 
air f l o w .  Matching the  character is t ics  of a transonic compressor, designed 
near its aerodynamic limits, t o  a turbine  with a frontal   area  near that 
o f  t h e  compressor. rwults in  a two-stage  turbine which h s  quite  high 
centrifugal stresses at   the  rotor-blade  root.  

Turbine cooling  provides an important  contribution t o  a compact 
engine  design,  since it permits  realization of high turbine-blade stresses 
and high  turbine-inlet  temperature,  thus  exploiting  the  advantages of the 
transonic compressor  and the  higher  thrust  per pound of air. Mot only 
do high  turbine stress and temperature  affect  cooling-air  requiremente, 
but changes in flight conditions also can a l t e r  .#e coollng requirements 
substant ia l ly  (ref..Z). Therefore,  the  selection of the engine  operating 
l i ne   fo r  a given  application has a marked influence on the  caollng-air 
requirements. 

In t h i s  analp is, an e f fo r t  w a s  made t o  o b t a b  &z1 engine  design of 
l o w  specif?ic  weight  by matching the  character is t ics  of a transonic c m -  
pressor  to an air-cooled  two-stage  turbine. The engine ha6 a turbine- 
i n l e t  temperature of 2500° R and a centrifugal stress a t  the  blade root 
of the last turbine  stage of 40,000 pounds per  square  inch. It was as- 
sumed tha t  t h e  engine  uses a combination of constant  mechanical and 
equivalent  speed in its operation. A corrugated-insert  blade was used 

.- 
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in the  air-cooled  turbines  because, as pointed  out in  reference 2, it 
provides a good cooling  effectiveness and is amenable t o   a n a l y t i c a l  treat- 
ment f o r  determining  coolant flm. 

This  report  presents  the  cooling-air  requirements of a "paper" air- 
cooled  turbojet  engine  operating  over a w i d e  range  of f l i g h t  Mach numbers 
and a l t i tudes .  The r e su l t s  are presented f o r  a two-stage-turbine  turbo- 
j e t  engine  having a turbine-inlet  temperature of 2500° R and operating 
a t  sea-level  static  conditions and flight Mach numbers from 0.90 t o  2.5 
and f l i gh t   a l t i t udes  from 40,000 t o  70,000 f e e t .  A comparison is made 
of the  required  coolant-flow  ratios of the  first- and second-stage  turbine- 
rotor  blades when both  sets  of blades are supplied  with  cooling air from 
the same compressor bleed  point. In addition,  the  effect  of decreasing 
the  blade- inlet cooling-air  temperature on the  required  coolant-flow  ratio 
is presented. 

DESCRLPTION OF ENGINE 

General  Considerations 

In  order  to  determine  the  cooling-air  requirements  for  the  turbine 
of an air-cooled  turbojet  engine  operating a t  supersonic flight speeds 
and  high a l t i tudes ,  it is necessary  to have a given  engine  design  and 
operating  conditions. In an e f fo r t   t o   ob ta in  an  engine of low specif ic  
weight for   this   cool ing  analysis ,  a turbine-inlet  temperature of 25000 R, 
an eight-stage  transonic compressor, and a centrifugal stress at the  blade 
root of the last turbine  stage of 40,000 pounds per sqgare inch were as- 
sumed.  The turbine  configuration  selected had two stages of free  vortex 
design and a 15-percent-larger  frontal area than  the compressor. The 
turbine had a tip speed of about 1200 feet per second, and the  hub-tip 
rad ius   ra t   io  of the f i r s t  stage was 0.683 and tha t  of the  second stage 
w a s  0.565. The blade  lengths of the first- and second-stage  rotor  blades 
were 4.62 and 6.33 inches,  respectively. 

The transonic compressor  has an assumed flow capacity  of 37.5 pounds 
per  second  square foot, an inlet hub-tip  radius  ratio of 0.4, and a sea- 
leve l   comessor   p ressure   ra t io  of approximately 8 t o  l. A high  centri- 
fuga l   s t ress  at the blade root of the  las t   turbine  s tage was assumed so 
t ha t   t he  engine  could  operate a t  higher  rotative  speeds than would be 
possible  with some lower  value of stress. This  increase in ro ta t ive  speed 
thus enables  the compressor t o  produce the  specif ied  pressure  ra t io   in  
fewer  stages. A p a r t i a l  list of some of the  engine  operating  conditions 
is included  in  table I. " 
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Cooling System 
% 

The turbine-cooling system assumed in  this   analysis  is shown in  f igure 
1. In  order t o  have sufficient  pressure  to pass the  cooling air through - 
the  turbine  rotor  blades, it was assumed that  the  rotor  cooling air f o r  
bath  turbine  stages w a s  bled from the  seventh stage of the  eight-stage 
transonic compressor. The cooling air was assumed t o  be  divided between 
the two rotor  stages  according  to  their  cooling  requirements and then 
discharged a t  the  rotor-blade  t ips  into  the combustion-gas stream. 

.t. 

The first-stage  stator  cooling a i r  was assumed t o  be  bled from the G 
3 

primary-combustor secondary air a t  a poBition  just ahead of the combustor 
t r ans i t i on   l i ne r  and ducted t o  the  inner  shroud of the stator ring. The 
cooling air from the   f i r s t - s tage   s ta tor  w&s assumed t o  be  discharged into 
t h e  area between the  engine  shell and the engine  nacelle. The primary 
reason for   select ing  the combustor secondary air fo r  the  f i rs t -s tage 
s ta tors  was  that  it vas believed  that  the air could be delivered t o  the 
blades  with a minimum amount  of ducting. There is, however, some penalty 
in   using  this  air f o r  cooling. Because of burning within the combustor 
liner, the secondary air is heated as it flows toward the  turbtne. Un- 
published  results  obtained from a pruary   -dabus tor   wi th  ES turbine-Lnlet I 

temperature of 2500' R indicated  that  f o r  the  particular  configuration 
tested,   the secondary a l r  experienced a temperature rise of about loOo P 
from the combustar Ftllet to  the  transit ion-liner  inlet .   Therefore,   the 
cooling-alr supply temperature was assumed t o  be 100° F higher than the 
compressor-exit  temperature for calculating  the  f irst-stage-stator  cooling- 
air flow r a t io .  

- 

I 

If air is required  for  cooling  the  second-stage stator blades, it is 
assumed that combustor secondary a i r  w i l l  be used and the alr w i l l  be die- 
charged from the  blades into the gas stream -at the  turbine. inner radius. 

... 

The assumptions  and constants  used Ln the  present coaling analysis 
are  presented in appendix A, and the aymbols are defined in appendix €3. 
The procedures  used  are  described in d e t a i l  In references 3 and 4,  and 
only a brief resume w i l l  be given  herein. These references  present a 
quick method of evaluating,  within  8pecifieKpressure limits, the re- 
quired  cooling-air flow f o r  corrugated-insert-type  air-cooled  blades. 
In  order  to  use the procedures  described In references 3 and 4 ,  a heat- 
transfer  coefficient on the  outside of the  turbine  blades mus-trbe deter- 
mined. 

. -  

.. 
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Evaluation of Gas-to-Blade Heat-Transfer Coe 
r 

The gas-to-blade  heat-transfer  coefficients were determined by' the  
methods outlined in reference 2. The heat-transfer  correlation  equation 
used  herein (see ref. 2) is 

Nu = 0.092 Reoo7' 

where . . . 

and 

- 

'LO h -  
NU = - 'IC 

4l 

f f i c  ient 

The coefficient 0.092 and t h e  exponent 0.70 were assumed in equation (I) 
and are thought t o  be representative values for   the   b lade   p rof i les  ob- 
tained for this   turbine.  The values of the  product pV at the  midspan 
position at the  turbine  s tage exit are used in equation (3) . 

Equation (1) w a s  used to  calculate  the  average  gas-to-blade heat- 
transfer  coefficient h for   both  turbine  s ta tor  and ro to r  blades. The 
values of h computed from  equation (1) may be somewhat h igh   fo r   t he  
reaction  blading of the  stator  blades,   since  the  favorable  pressure  gradi-  
ent may permit  laminar flow over a large  portion of %he b l g e  surface. 
Consequently, the  required  coolant-flow  ratios  for the first-stage s t a t o r  
blades may be  sl ightly  conservative.  

Selection of Corrugation Geometry 

When analyzing the coolant requfrements of a corrugated-5nsert-type 
turbine blade f o r  a given  engine  application, it is important t o  select 
a corrugation geometry whkh  gives  the  lowest  possible  coolant flow within 
l imitations of the  pressure  levels  through  the engine ELnd of the  blade 
pressure drop. The select ion of a suitable  corrugation geometry also 
depends on the  blade  prof =e being  considered and the  ease of fabr icat ing 
the  corrugation  configuration. In general, small values of corrugation 

t o  provide  trailing-edge  cooling  with minimum traillng-edge  thiclmess. 

rn 

- height  or  amplitude are required  for  air-cooled turbine blades in order 
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The influence of corrugation  amplitude,  thiclmess, and pi tch on the 
coolant-flow  requirements of a representative  turbine rotor blade is are- 
cussed i n  reference 2.  From the  preceding  discussion and the  resul ts  of 
reference 2,  a corrugation  geomtry  having small values of corrugation " 
amplitude,  thickness, and p i t ch   s eem  to  be most su i tab le   for   the  engine 
applications  considered  here in. 

'I 

- 

The corrugation geometry configuration  selected f o r  both  the  turbine 
s t a t o r  and rotor  blades of the present analysis ha6 an amplitude and a 
pi tch  of 0.050 inch  each, and a thickness of 0.005 inch. A sketch of 
this  configuration is shown in figure 2(a) . As a matter of in te res t ,  
other  corrugation  configurations  having  larger  values of amplitude (0.070 
and 0.10 in.), pi tch (0.080 in . )  and a thickness of 0 . O E  inch were ana- 
lyzed at a f l i g h t  Mach  number  of 2.5 and an  alt i tude of 70,000 f ee t .  A8 
was expected, a l l  of these  configurations.  resulted i n  higher  coolant-flow 
ratios  than  the  configuration  selected.  

The small amp1itud.e  of 0.050 inch  enables  the  placement of the  se- 
lected  corrugations  almost  to  the  trailing edges of the  bladee. Because 
these corrugations are very small, there was some question as t o  whether 
or  not t h e   p a s s a s s  wuuld f i l l  up with  braze  material when brazing  the 
corrugations to   the  blade  shel l .  In order  to dete-mine the   p rac t ica l i ty  
of the  corrugation design, a small section of corrugations of this s i z e  
was fabricated and  brazed to a simulated  blade  shell and inser t  ( f i g .  
2(b)). As can  be  seen in  f igure 2(b), there seem t o  be no problem of 
braze material clogging  the air passages .. Also,. t h e   c o ~ g a t i u n s  are 
quite uniform and appear t o  be  fastened  securely t o  both- members. 

rp 

w 0 
CD 

RESULTS AM) DISCUSSION 

Following the procedures  outlined in reference 3, the  required  coolant- 
flow r a t i o s  were obtained  for the turbine rotor blades aad f i rs t -s tage 
s ta tor   blades over a .range of flight Mach numbers and al t i tudes.  The 
methods outlined in reference 4 were.used t o  make sure that there was sup- 
f icient  pressure  available t o  pass  the  required  cooling-air  flow  through 
the blades f o r  all conditions.  Since  the limiting allowable  blade tem- 
perature assumed f o r  the second-stage s ta tor  .blades was approximately 
equal   to   the  gas temperature, it was assumed tha t  these blades required 
a coolant-f low r a t i o .  of 0.005 for d l  fulgt  conditions. A summary of 
some of the  engine  aperating  conditions and a breakdown of the indivichci l  . 

blade  coolant-flow  ratios  are  given  in  table I. 
." ." 

a 
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Effect of Fl ight  Mach  Number and Altitude on Turbine  Required  Coolant- 
r 

Flow Ratio Using  Seventh-Stage Compressor Bleed f o r  Cooling 

m c 

- 
The required  coolant-flow  ratios  for the specific  engine  of  this 

analysis  operating  over a range of f li-@;ht Mach numbers M and a l t i tudes  
are shown in  f igure 3. The ordinate of figure 3 is t h e   t o t a l  turbine 
coolant-f low r a t i o  C t o t ,  which is the sum of the  required  coolant-flow 
ra t io s   fo r   t he   t u rbhe   ro to r  and s t a t o r  blades (see table I). In r e s u l t s  
presented in figure 3, t h e   r o t o r   c o o l i n - a i r  w a s  assumed t o  be  supplied 
by the compressor  seventh  stage,  and  the combustor secondary air was used 
for  supplying  the  stator  blades.  Also, 15 percent of the   to ta l   p ressure  
available at the compressor bleed  point was assumed t o   be   l o s t   by   t he  
time the air reached  the base of the  turbine  blades. This loss  was as- 
sumed. t o  include  any loss entai led at the bleed  point and any subsequent 
ducting  losses. Then, the  supply  pressure at the base of the  rotor  blades 
must be s u f f i c i e n t   t o  pass the required cooling-air f l o w  and discharge it - into  the combustion-gas stream a t   t h e  blade t i p .  

For  any  particular  altitude,  the  coolant-flow  ratio  increased  with - f l i g h t  Mach number primarily  because of the rise in the  blade-inlet cooling 
air temperature [ f ig .  3) . A t  an a l t i t ude  of 40,000 f ee t ,  a change in  M 
f m m  0.90 t o  2.5 r e su l t s  in  an increase Fn Ctot of about 75 percent, 
and a corresponding  fncrease  in-the  blade-inlet  cooling-air  temperature 
f o r  t he   s t a to r  and rotor  blades (see table I) of approximately 50 and 
60 percent,  re-spectively. 

A t  any given f l i g h t  Mach ruuiber, the  require&  value of Ctot a l so  
increases  as  the  alt i tude is increased  (fig. 3) . A change in a l t i t u d e  
from 40,000 t o  70,000 feet at a flight Mech  number .of 2.5 r e su l t s  in 
an increase in Ctot of about 35 percent. This t rend is s i m i l a r  t o  t h a t  
observed in reference 2 where minimum coolant-f low r a t i o s  were obtained 
over a range of a l t i t udes   fo r  a constant flight Mach nufber by changes 
i n  corrugation geometry. 

The maximum coolant-flow  ratio  obtained  for  the  engine  considered 
herein is 0.088 and occurs  for a flight Mach nuniber af 2.5 and &ZL a l t i t u d e  
of 70,000 f e e t .  

Effect of Blade-k le t  Cooling-Air  Temperature  and Compressor Bleed 
L 

Point on Required Coolant-Flow Ratio 

P Performance variations  result ing from bleeding cooling air f r o m  the  
compressor of turbojet   engines  for a wide range of' engine  operating con- 
d i t  ions were analytically  investigated in reference 1. This  reference 
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shows that  the  engine  specific  thrust  decreases  approximately 1 percent 
for  every  percent of turbine  rotor  cooling air f o r  a nonafterburning 
turbojet  engine  with a turbine-inlet  temperature of 2500' R and a f l i g h t  
Mach  number of 2.0 i n  the stratosphere. The spec i f ic   fue l  consumption - 
increases  about 1 percent  for  every 6 percent .of turbine  rotor  cooling 
a i r .  Thus, anything  that  can  be done t o  reduce  the  required  coolant- 
flow r a t i o  of  the  turbojet"en@;ine  investigated  herein will result in 
improved performance of the  engine. I n  addition, reductions i n  t h e  re- 
quired  coolant-flow  ratio will tend t o  reduce  the size of the  cooling-air lb 

ducting system, thereby  decreasing  engine  weight. 0 

.L 

e! 
As stated in the preceding  section, a primary reason for  increasing 

values of Ctot w i t h  rising f l i g h t  Mach nwber is the Wcreasing  values 
of the  blade-inlet  cooling-air  temperature.  Therefore, if some means 
could be used t o  reduce t h i s  temperature,  the  required  coolant-flow  ratios 
will be reduced. One such method of reducing the blade-inlet  cooling- 
air temperature would be to   b leed  the compressor  ahead of the  seventh 
stage,  provided  there is sufficient  pressure.  available t o  pass  the  cooling .L 

air. Considering  the  flight  condition  wherein  the maximum coolant-flow 
r a t i o  wae obtained (M, 2.5; a l t i tude ,  70,000 f t )  , calculations  indicated 
that   there  would beC8ufficien-t pressure  to  pass the  cooling air, If the 
cooling air for the   rotor  blades were bled a€ t h e   f i f t h  compressor stage. 
For this calculation, as before, 15 percent of the total   pressure  available 
at-any compressor bleed  point w a s  assumed t o  be, l o s t  by the time  the air . 

reached  the base of the  turbine blades. 

I 

The ef fec ts  of reducing  the  blade-inlet  cooling-air  temperature a 
the  required  coolant-flaw  ratios of the first- and  second-stage rotor 
blades for a flight Mmh  number of 2.5 and an a l t i tude  of 70,000 f e e t  w i l l  
be  discussed  subsequently. . Then, f o r  these same flight conditione,  the 
e f f e c t  of bleeding  the compressor at t h e   f i f t h  and sixth  stages on the 
engine-required  coolant-f low r a t i o  will be presented. 

Effects of reductions in blade-inlet  cooling-air  temperature. - The 
required  coolant-flaw  ratios  for the f i r s t -  and second-stage  rotor  blades, 
C r ,  1 and Cr,2, respectively,   are  plotted in figure 4 against   the blade- 
inlet cooling-air temperature f o r  a f l i g h t  Mach nuniber of 2.5 and an 
a l t i t ude  of 70,000 feet. For  these  flight  conditions, C r , l  is 0.031 
f o r  a blade-inlet  cooling-air  temperature of 14220 R which is obtained 
for the  seventh-stage compressor bleed. By bleeding a t  t h e   f i f t h  com- 
pressor stage, the  blade-inlet  cooling-air  temperature is reduced t o  
1325O R and C r , l  is reduced t o  about 0.022. a 

Arbitrarily  decreasing  the  blade-lnlet cool--air  temperature  about 
2000 from the  value  obtained at the seventh compressor stage (14220 R) 
r e su l t s  in a reduction in Cr,l t o  a value of 0.0165, or  about a 47-per- 
cent  decrease i n  Cr,l over that required when using seventh compressor 
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stage bleed ( f i g  . 4) . In order t o   ob ta in  a decrease in  the  blade-inlet  
cooling-air  temperature below the  13250 R value  obtained  for the f i f t h -  
stage compressor bleed, some a u x i l i q  means must be used because  there 

ahead of t h e   f i f t h  stage. One method of reducing the cooling-air temper- 
a ture  m i g h t  be  by  the  use of heat  exchangers. 

c 

- is insufficient  cooling-air   pressure  available from compressor stages 

The ef fec ts  of reductions  in  the  blade-inlet  cooling-air  temperature 
f o r  the second-stage  rotor  blade on the  required  coolant-flow  ratio, Cr,2, 
a re   c lear ly  shown in  flgure 4. The second-stage  &tor blade requires 
about  40-percent less coolant fl& than the f irst-stage ro to r  blade when 
both  blades are supplied  with  cooling air from the  same compressor bleed 
point. In  this  case,   both blades have the  same inlet   cooling-airtemper- 
ature.  It should  be  pointed  out  that  the  difference  obtained in  figure 
4 between C r , l  and Cr,2 may change, if the first- and  second-stage 
rotor  blades  could be supplied from di f fe ren t  compressor bleed  points.  v 

I 

2 
4 -  Effects of  compressor bleed  point on required  engine  coolant-flow 

ra t io .  - If it is possible  to  supply  the  stator  blades  with cooling air  

in  the  stator-blade-inlet  cooling-air  temperature of about 1000 F would 
resu l t .  Such a reduction in cooling-air  temperature would probably be 
accomplished, however, a t  some expense to  the  cooling-air  duct  weight. 
For comparbon  purposes,  figure 5 shows the  reductions  in Ctot t h a t  
may be obtained  by  bleeding  the compressor  ahead of the  seventh  stage 
for   the  rotor   blades and supplying  the  stator blades with combustor 
secondary air or compreesor discharge air. It is noted  that moving the  
rotor bleed point from the  seventh t o  f if th  stage  while  supplying  the 
s t a t o r   b l a d e s   w i t h   c d u s t o r  secondary air r e su l t s  in about a 16-percent 
decrease in Ctot. For a given  rotor bleed point,  using comgressor dis- 
charge air t o  supply  the  stator blades means a e d u c t i o n   i n  Ctot of 
approximately 7 .? t o  9.2 percent. 

.- from the  compressor discharge  instead of from the  combustor, a decrease 

Thus, the  main point  suggested  by the results shown in   f i gu re  5 is 
that   substantial   savings in  the  required  coolant-flow  ratio may be ob- 
tained by  proper  choice of the cooling-air  supply  locatim. And, as 
pointed  out  earlier, for each percent of cooling air saved, the  engine 
specif ic  thrust w i l l  increase  about 1 percent. For each 6 percent  saved 
in coolant-fluw ra t io ,  about a 1-percent  saving i n  spec i f i c   fue l  con- 
sumption results: The importance of t r y i n g   t o  reduce  the  required  coolant- 
flow r a t i o  becomes apparent when considering  the  possible  decrease  in  the 

flow r a t i o  along w i t h  the improved engine  performance.  Although f igure  
5 is  presented  for a given flight condition,  similar  -results  could  be 
expected a t   o the r  flight conditions. 

rc cooling-air  ducting weight due to  reductions in the required  engine  coolant- 

* 
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REMARKS . 
This analyt ical   invest igat ion has been directed toward exploring  the 

required  coolant-flow  ratios of a corrugated-insert-type  blade  design 
su i t ab le   fo r  a supersonic  turbojet  engine  with a turbine-inlet  temperature 
of 2500° R. Other f l i g h t  plans that  consider  higher  f l ight Mach numbers 
and  higher  altitudes-than  those  used  herein,  or  the  use of turbojet  englnes 
having  higher compressor r a t io s  than tha t  considered in t h i s  analysis, 
w o u l d  a l l  tend t o  increase  the  required  coolant-flow  ratios, and a t   t h e  
more severe  conditions,  they would probably become excessive.  Since maxi- 
mum f l i g h t  Mach  number and a l t i t ude  -and m o d e  of  compressor operat ion all 
influence  the  cooling problem, each  engine should be checked  over a wide 
range of operating  conditions to  obtain  the.most  severe.conditions of 
operation  with  reference  to  coolant-flow r a t b ,  compressor bleed point, 
and cooling-air  duct  sizes. 

* 

a 

CD 
8 

SUMMARY aF REms . 
The resu l t s  of this   analyt ical   invest igat ion t o  determine  the  cooling- - 

air .requirements of a given  turbojet-engine desLgn opersting  over a wide 
range of f l i g h t  Mach numbers and a l t i tudes  can be summarized aa f o l l a r s  : 

Y -  

1. For a given  altitude  the  required  coolant-flow  ratio  increases a8 
fli@;htMach number is increased  primarily bec-gise .of the. rise in  the  blade- 
inlet  cooling-air  temperature. A t  an altitude of 40,000 feet, a change 
in flight Mach  nuniber from 0.90 t o  2.5 r e su l t s  in an increase.  i n  the re- 
quired  coolant-flaw  ratio of about- 75 percent. 

. .. 

2. A t  any given   f l igh t  Mach number, the  required  coolant-flow  ra€io 
increases as the   a l t i tude  is increased. A change i n  a l t i t ude  from 40,000 
t o  70,000 feet  a t  a f l i g h t  Mach  number of 2.5 r e su l t s  in an increase i n  
the  required  coolant-flow  ratio of about 35 percent. 

3. The maximum coolant-flaw  ratio  obtained  for  the  turbo jet  engine 
considered  in  this analysis is 0.088 an& .occurs. for a fIight Mach number 
of 2.5 and an a l t i t ude  of 70,000 f e e t .  

4 .  A reduction in the  blade-inlet  coollngigTr  temperature of 200' 
r e su l t s  -in about a 47-percent  reductLon- in the  coolant flow required  for 
the first-stage  rotor  blades  over that required  for a blade-inlet cooling- 
air temperature of 1422O R. 

5. The second-stage rotor blade requires about 40-percent less  coolant . 
f low than the  f irst-stage'  rotor  blade, when both blades are supplied with 
cooling air from the same compressor bleed point apd the.  engine Fa operating 
at a flight Mach  number of 2.5 and an altitude of 10,000 f e e t .  
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6. Moving the  rotor-blade  bleed  point from the  seventh t o   f i f t h  
compressor stage  while  supplying  the  stator  blades  with combustor  second- 
a ry  air results  in  about a 16-percent  decrease in the  required  coolant- 

m 

w flow rat io.  

7 .  For a given  rotor-blade  bleed  point,  using compressor discharge 
a i r   t o  supply  the  stator  blades  instead of combustor secondary a i r  means 
a reduction in the  required  coolant-flow ratio of approxlmtely 7.7 t o  9.2 
percent f o r  a f l i g h t  Mach  number of 2.5 and an a l t i t ude  of 70,000 f e e t .  

Lewis Flight  Propulsion  Laboratory 
National  Advisory Committee f o r  Aeronautics 

Cleveland, Ohio, February 21, 1956 
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APPENDIX A 

NACA RM ES6B17 

. 
ASSUMPTIONS AND CONSTANTS 

The follatr3ng assumptions  and  constants were used in t h i s  analysls:  

(1) The corrugation geometry ( f ig .  2( a) } is constant chordwise and 
spanwise. 

1p 
0 

(2)  The gas-to-blade  heat-transfer  coefficient and effective gas % 
temperature are constant  chordwise and spanwise on the blade and are equal 
t o   t h e  m i d s p a n  values. 

(3) A s t ress - ra t io   fac tor  (see re f .  5) of 2.0 ie used  for  the  turbine 
rotor  corrugated-  insert blade. 

(4) A high-temperature  alloy A-286 was used fo r  the blade corrugation 
and s h e l l  material. 

n 

\ 

(5) The limiting  allowable  blade  temperature of the  s ta tor   blades is d 

taken a t  2000' R a t  the  stator-blade  t ip.  

(6) The rat io  of turbine  rotor-blade metal area a t  the tip t o   t h a t  
a t  the  root is equal t o  0.50. 

(7) The r a t i o  of the  turbine-blade outside  perimeter t o  the blade 
chord W&B 2.30 f o r  both  rotor and stator  blades.  

(8) The cooling a i r   for   the   tu rb ine   ro tor   b lades  ha8 a 15-percent 
loss in pressure between the compressor bleed point and the blade inlet. 

(9) The blade  chorb of the  first- and second-atage ro tor  blade6 are 
2.0 and 2.5 inches,  respectively, and the  blade  chord of the first- and 
second-stage s t a t o r  blades is 2.5 Fnches. 

(10) The blade  solidity  (blade  chord/pitch) ie 1.8 for the  turbine 
rotor  bladea and 1.6 fo r  the  turbine  s ta tor  blades. 

(Ill The blade lengths of the  first- 8nd second-stage ro to r  blades 
were 4.62  and  6.33  inches,  respectively. 

(12) The second-stage s t a to r  blades r e p b e  a coolant-flow ratio of 
0.005 f o r  all flight conditions. 
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C 

h 

k 

10 

M 

Nu 

SYMBOLS 

coohnt-f low  ra t io   ( ra t io  of turbine  cooling  air  to compressor  weight 
flow) 

specific  heat a t  constant  pressure,  Btu/(lb) (9) 

standard  acceleration due t o  gravity, 32 .I74 f t/sec 2 

average  gas-to-blade  heat-transfer  coefficient, Btu/(sec) (sq f t )  (9) 

thermal  conductivity, Btu/( sec) (ft) (9) 

outs  ide  perimeter, ft 

flight Mach  number 

h l o b  
Nuseelt number of gas, 

kb 

P r  Prandtl number of. gas, cp ,bpbg/kb 

p stat ic   pressure,  lb/sq f t  ab6 

R gas constant, ft--ib/( ~ b )  (9) 

PV Zo/n 
Re Reynolds number of gas, ’ 

b B T b  

T temperature, ?R 

v veloci ty   re la t ive to blade, f t /sec 

F viscosi ty  of gas, slugs/(sec) (ft) 

Subscripts : 

b‘ blade 
c 

r rotor 
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tot t o t a l  

1 f i r s t  stage 

2 second stage 
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T f B U  I. - COOZDTG REQTJDSMEXKl FOR CORRUCfATED-DTSBT-TYPE 

BLADE USED IN WO-STAGE AIR-COOLED WOJEIP ENffINE 

[ k b i n e -   i n l e t  temperature, 2500’ R; coolant-flow 
r a t i o   f o r  second-stage stator  blades, 0..005. 3 

M 

40,000 
40, OOO 
65 ,ooO 

1.53 40, OOO 
40, OOO 

2.0 55,000 

temperature, 
I OR 
Fi r s t -   F i r s t -  
stage  stage 
s ta tor   ro tor  

1510 1422 
E10 1422 

178.6  1420  1303 
1359 1235 
1359 1235 

100.3 1207  1078 
48.1 8.97 1016 901 
147.6  8.42  1122  992 

Fi r s t -  
s tage 
s ta tor  
blade 

0.034 
,030 
,024 
.020 
.025 
,022 
.om 
.018 
-014 

Coolant-floli 

‘I 
F i r s t -  
stage 
rotor 
b l ade  

- 
0.031 
.030 
.021 
s o l a  

,018 
.015 

,010 
.om 

.on 
- 

mat io 
iecond- 
tage 
o to r  
llade 

- 
0.018 
,016 
,015 
.010 
.011 . 010 
.om 
.005 
.007 

a 

bCooling air for rotor blades supplied from seventh compreesor stage bleed 
Cooliag air fo r   s t a to r  blades supplied from combustor secondary air. 

1 

1 
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Second-stator cooling air 

c c 

Compressor 

First-stator cooling air 
rc1 

b Rotaor-blade - - - - - 
__c C o o l i n g  air 

q. 
__c 

""_ 
+ 

"""-4 -- 4 

Figure 1. - Coolant system of turbojet  engine having two turbine stages. 
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(a) Sample corrugations. 

Figure 2. - Turblns-blade cooling-air paaesge canfiguration. 
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Flight  Mach number, M 

Figure 3. - Variation of required coolant-flow r a t i o  with flight Mach number and 
altitucle. Rotor bleed point a t  compressor aever;th atcgej stator bleed from 
cambustor secondary a i r .  
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Figure 4. - Effect of blade-inlet cool ing- 
air temperature on rotor  coolast-flow 
ra t io .   F l igh t  Mach number, 2.5; slti- 
tude, 70,000 f e e t .  
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pressor  discharge air 
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F i f t h  Sixth Seventh 
stage stage st age 

Rotor-blade  zompressor stage 
bleed point 

Figure 5. - Effect of rotor-blade  bleed 
point on t o t a l  Zoolant-flow r a t i c  . 
Flight Mach number, 2.5; a l t i tude,  
70,000 f ee t .  
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